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INVESTIGATION OF WING CHARACTERISTICS AT 

A MACH NUMBER OF 1.53 . I - TRIANGULAR 

WINGS OF ASPECT RAHO 2 

By Walter G. Vincenti, Jack N. Nielsen, 
and Frederick H. Matte son 


SUMMARY 

As part of a general study of wing characteristics at supersonic 
speed, wind-tunnel tests were conducted of three sharp-edge wing 
models having a thickness ratio of 5 percent and a comaon triangular 
plan form of aspect ratio 2. The models were designed to study the 
effects of variation in thickness distribution and camber with the 
apex of the plan form both leading and trailing. Measurements were 
made of lift, drag, and pitching moment at a Mach number of 1.53 
and a Reynolds number of 0.75 million. The experimental techniques 
are described and tlie measured data compared with the calculated 
results of the invlscid, linear theory. 


The e:qperiiasntal lift and momsnt ctznres «ore found to conform 
eseentlally with the euperpoaltlon principle of the linear theory. 

Ihe lift-curve elopes for the swept-hack and svept-forward winge (apex 
leading and trailing, respectively) agreed with each other and with 
the conanon theoretical value within an ovor-cLU. range of about 
10 percent. For the ewept-hack triangles, the aanent-curve sloi»s 
(as referred to the centroid of plan-form area) were essentially lero 
as given by theory j for the swept— forward triangles, the experimental 
slopes indicated positions of the aerodynamic center noticeably 
forward of that predicted by the llxiear theory. For the C6untbez*ed 
wings, the experimental valxies of the angle and moment at zero lift, 
the con5)utatlQn of which was not atteaqpted, wore seen to be in quali- 
tative accord with what is known of the general nature of the flow 
fields. 

Displacement of the maximum thickness for the swept— back 
triangles forward from the 50— percent to the 20-percent chordwlse 
station did not reduce the measured minimum total drag in the way 
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that theoretical considerations of the pressure drag alone predict. 
SuppleDBntary llq^uid— film tests indicated that this condition was 
the result of changes in the extent of turbulent flow in the 
houndairy layer. For a given wing model the measured minimum drag 
was found to he essentially independent of the direction of sweep. 

Rounding the leading edge of the swept-back wing with maximum 
thickness at 20-percent chord reduced the drag due to angle of 
attack hy a small amount and correspondingly increased the maximum 
lift-drag ratio, demonstrating the possibility of aerodynamic gains 
from the leading-edge suction predicted by theory. 


INTRODUCTION 

The problem of the finite— span wing at supersonic speeds is 
currently the subject of study by numerous investigators. At the 
present time, methods for the theoretical treatment of the problem 
have been firmly established and are receiving increasing applica- 
tion in design. Experimental investigation is, however, at a 
relatively undeveloped stage. To aid in this development an experi- 
mental study has been made at supersonic speed of approximately 3 O 
wings of varying plan form and section. The present paper, which is 
concerned primarily with the effects of section variation for wings 
of a given triangular plan form, is the first of several papers 
covering this general study. Subsequent papers will discuss the 
Influence of aspect ratio, taper, and angle of sweep for a wide 
range of wings. The present paper also constitutes part of a 
coordinated study of triangular wings of low aspect ratio through- 
out the range of possible flight conditions (references 1, 2, and 3)» 

The material included in the present report is concerned with 
triangular wings of aspect ratio 2, both swept back and swept 
forward, at a Mach number of 1.53^ a combination which places the 
leading edge of the swept— back wing well within the Mach cone from 
the apex. The experimental data are analyzed to check the results 
of the linear inviscid theory, to determine how the predictions of 
theory concerning the relative merits of wings of different section 
are modified by the effects of viscosity, sind to learn something 
of the effects of camber. As a basis for both this and later papoi's, 
matters of general experimental or theoretical importance are 
described in detail. 

The wing of triangular plan form was chosen for the most 
Intensive consideration in the general supersonic stiidy both because 
of the attention such wings are receiving for practical application 
nnti of the relative ease with which they can be analyzed theoretically. 
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The triangular wing with apex leading, which for convenience will he 
called the "swep't-hack triangle," has already heen studied hy a 
mmiber of investigators on the basis of the linear theory, which 
allows separate consideration of the effects of thickness, camber, 
and angle of attack. Jones, in reference k, has calculated the 
characteristics of a flat plate of this type on the assmption of 
constant pressure along radial lines passing through the apex 
together with a small apex angle. It was foiuid that the pressure 
distribution over the surface shows an infinite peeik at the leading 
edge and that the aerodynamic center coincides with the centroid of 
plan-fona area. It was also found that, as a resxilt of the leading- 
edge suction associated with the pressure peak, the resultant force 
lies halfway between the normal to the xmdlsturbed air stream and 
the normal to the surface. Certain of the results of this theory 
have been checked experimentally by Ellis and Easel as reported in 
reference 5 » 

Jones’ simple theory for the lift has subsequently been extended 
by Stewart (reference 6 ), on the basis of the conical— flow theory of 
Busemann (reference 7 ), to inclxide any apex angle contained within 
the Mach cone. The lift distribution for this case is found to be 
the same as that determined by the simpler theory except for 
multiplication by a factor which depends on the ratio of the tangent 
of the wing semlapex angle to the tangent of the Mach angle. This 
result has since been derived by other investigators using different 
mathematical methods (references 8 and 9)* The drag due to lift for 
the sane case has been given by several authors (references 8 , 10 , and 
11). It is found that as the semiapex angle increases relative to 
the Mach angle, the resultant force inclines progressively back from 
its previous position midway between the normals to the air stream and 
the sui’face. When the leading edge reaches the Mach cone the 
resxiltant coincides with the normal to the surface. 

The lift of a swept— back triangle with leading edge ahead of 
the Mach cone has been discussed by Puckett (reference 12) who 
found that, despite its nonuniform lift distribution, such a wing 
has the same lift— curve slope as a flat plate in tw’o^imensional 
supersonic flovr. As in the two-dimensional case, the resviltant 
force is normal to the plate. 

The drag due to thickness for a swept-back triangle of uncambered 
double-wedge section has been determined by Puckett (reference 12) 
and by Puckett and Stewart (reference 11) for the complete range of 
sweepback angles of both the leading edge eind the ridge line. It is 
foiuad that the pressure drag coefficient of such a wing may be either 
greater or less than that of a two-dimensional airfoil. If the 
leading edge and the ridge line are both swept sufficiently behind 
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the Mach cone, the pressure drag may be less than half the two- 
dimensional value. 

The triangular wing with apex trailing, which will be referred 
to as the "sweptr-forward triangle," has received little attention 
either theoretically or experimentally. Von Karman (reference 10) 
indicates that to a first order the minimimi press'ore drag for an 
uncambered wing of given shape is independent of the direction of 
motion. Thus a swept— forward triangle should have the same minimiun 
pressiire drag as the corresponding swept— back triangle already 
considered by Puckett. The effect of camber for triangular wings 
has received little attention, except for the special case of the 
uniformly loaded swept-back triangle (reference 9) . 

SYMBOLS 


b 

wing span 

c 

wing chord measured in streamwise direction 

•^a 

/p r'b/a \ 

mean aerodynamic chord ( ^ J c^ db ) 


mean geometric chord (s/b) 

cr 

wing root chord 

CD 

total drag coefficient 

CDaa 

pressure drag coefficient of flat surface due to own 
pressure field 

-Dac 

pressvire drag coefficient of flat surface due to pressure 
field of cambered surface 

^Dcc 

pressure drag coefficient of cambered surface due to own 
pressiare field 

*^Dca 

pressure drag coefficient of cambered surface due to 
pressure field of flat surface 

CDf 

friction drag coefficient 

CDi 

rise in drag coefficient above minimum (CD-CDmin) 

^Anln 

minimum total drag coefficient 

^Dt 

pressure drag coefficient due to thickness 
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<^fturb 

low— speed skin— friction coefficient for turbulent flow at 
Reynolds number based on mean geometric chord of entire wing 

^ 'flam 

low— speed skin— friction coefficient for laminar flow at Reynolds 
number based on mean geometric chord of laminar area 

^ fturb 

low— speed skin— friction coefficient for turbulent flow at Reynolds 
number based on mean geometric chord of laminar area 

Cl 

lift coefficient 

CLo-0 

lift coefficient at zero angle of attack 

CLa 

lift coefficient of flat lifting surface 

CLopt 

dCL 

da 

lift coefficient for maximum lift— drag ratio 
lift-curve elope (per radian unless otherwise specified) 


change in lift coefficient from value for minimum drag, 
(CL~CLD=min) 

Cm 

pitching-moment coefficient about centroid of plan— form area 
with mean aerodynamic chord as reference length 

CmL=0 

moment coefficient at zero lift 

Cnia=0 

moment coefficient at zero angle of attack 

dCm 

dCL 

moment-curve slope 

(s)„ 

maximum lift-drag ratio 

m 

ratio of tangent of wing semiapex angle to tangent of 
Mach angle (f 

Mo 

free— stream Mach number 

P 

local -static pressure 


local wing loading 

Po 

free— stream static pressure 

P 

pressure coefficient - 
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free— stream dynamic pressure 

Re Reynolds number based on mean geometric chord of wing 

S wing plan-form area 

^lam area of laminar flow on one surface of uncambered wing at 
zero angle of attack 

t maximum wing thickness 

X distance back from leading edge of root chord 

X distance back from leading edge of root chord to aerodynamic 

center 

a angle of attack, radians 

angle of attack at zero lift, radians 

rearward inclination of force due to angle of attack on 
uncambered wing, radieins 

kg^ angle ratio (a^/a) 


APPARATUS AND TEST METHODS 
Wind Tunnel and Balance 

The investigation was conducted in the Ames 1— by 3“’^*oot 
Supersonic Wind Tunnel No. 1, which is fitted temporarily with a 
fixed nozzle designed for a Mach number of 1.5 in a 1— by 2^ —foot 
test section. The tunnel, as well as the balance and other instru- 
mentation, is described in detail in references 13 and Ik. A cut- 
away drawing of the strain— gage balance is given in figure 1. The 
balance as used in the present investigation was the same as in the 
tests of reference 13 , except that the pitching moment was obtained 
from strain— gage measurements of the bending moment in the sting 
support rather than from the reactions on the main balance springs. 

This bending moment, together with the lift as measured by the 
springs, deteimines the pitching moment about the reference axis of 
the model with greater accuracy than did the previous arrangement. 

Models and Supports 

A photograph of the models and the support body is given in 
figure 2. The dimensions of the models and body are shown in figure 3* 
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Three ving models were en 5 )loyed in the investigation, all having 
a tria n gular plan form of aspect ratio 2, The airfoil sections for 
all three models were of the double— wedge type with a majcimum 
thlchness of 5 percent of the chord but with different thickness dis— 
trihution and different camber. For the uncambered models (T— 1 and 
T-2), the position of maximum thickness was located 20 and 50 percent 
of the chord, respectively, from the swept edge of the triangular plan 
form. Maximum thickness for model T— 3 was at 50 percent of the chord, 
but the airfoil was cambered such that the section profile was an 
isosceles triangle. 

The models and support body were designed so that a given model 
coxild be tested either as a swept— back or swept— forward wing. The 
two different wings so obtained are distinguished by adding the 
prefix "SB” or "SF,” respectively, to the model designation. Vdien 
considered as a swept— back trian^e, the plan form has a sweep angle 
of 63 ° 26 * at the leading edge, which places this edge well within 
the Mach cone from the apex at the test Mach number of 1.53* Wings 
SBT-J. and SBT— 2 were laid out with the ridge line swept respectively 
behind and ahead of the Mach cone to check Puckett's theoretical 
Insults concerning the minimum drag of swept— back triangles. The 
swept—forward win^s SFT— 1 and SFT-2 then provide exan^des for 
checking von Karman's theorem that the pressure drag due to thickness 
for a wing or body of pointed profile is to a first order independent 
of the direction of motion. Wings SBT— 3 and SFT— 3 afford an indicar- 
tion of the effects of camber for the sweph-back and swept-forward 
triangles. 

The models were made of hardened, ground tool steel with the 
leading and trailing edges maintained sharp to less than a one— 
thousandth-inch radixis in most of the tests. In later tests of wing 
SBT— 1, the leading edge was progressively rounded in an attempt to 
realize the leading-edge suction predicted by theory. In one test 
the ridge of wing SBT— 1 was also rounded for a distance of 5 percent 
of the chord fore an d aft of the ridge to investigate the effects of 
such change on the minimum drag. 

The body used to support the wings consisted basically of an 
ogive nose of approximately 19 cadiber followed by a cylindrical 
afterbody the base of which was somewhat enlarged to fit the support- 
ing sting. The body was kept as small as possible consistent with 
the requirements that it could be used with a wide range of plan 
forma aind that it would adlow a given wing model to be tested in two 
directions. The body used in most of the tests was mounted on the 
sting at an angle of incidence of 3°, which, together with the ±5° 
angle range of the balance, provided a range of nominal angles of 
attack for the wings from —2 to 8°. For a single test of wing SBT— 3 
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at hi^er angles, a second "body with an angle of Incidence of 11 ° 
was used to provide a range ftrom 6 to l 6 °. To acconqplish this an 
increase in the size of the "base was necessary on the 11 ° "body. 

The wings and body were mounted on the balance as illustrated 
in figure 4 , which shows wings SBT -3 and SFT -3 installed for testing. 
The location of the models in the test section was the saias as for 
the wings reported in reference I3. The sting supporting the model 
was enclosed in a conicaJL balance cap which extended to within 
3/64 inch of the base of the body. The interference of this cap was 
talcen into account as described later. 


Test Methods 

Force tests .— The force tests, which constituted the major part 
of the experimental investigation, were made in essentially the same 
manner as the tests of references I3 and 14 . As in reference I3, the 
measurements were confined to the determination of lift, drag, and 
pitching moment. In the present investigation the specific humidity 
in the tixnnel was maintained at all times below 0.0002 poiond of water 
per pound of air. 

Because of the possibility of error due to the appreciable 
deflection of the support system vinder load, two independent methods 
were used to determine the angle of the model relative to the 
horizontal center line of the tunnel. The primary nethod was by 
observation with a telescope of the rotation of a reference line on 
the model during the test, the zero angle having first been established 
under static conditions by means of a dial indicator and a carefully 
leveled surface plate on the floor of the test section. This optical 
method has the advantage of directness but depends to a large degree 
upon the skill of the operator. The secondary check method, described 
previously in reference I3, entailed the addition to the nominal 
angular setting of a deflection allowance calculated from the 
measured lift and a predetermined elastic constant. The results of 
the two methods were compared in each test; in those cases in which 
a discrepancy was apparent the test was repeated. The measured 
angles were finally corrected for a small, experimentally determined 
stream angle as described later. 

Liquid— film tests ,— As a supplement to the force tests, 
observations were also made of the location on the wings of the 
transition from laminar to turbulent flow in the boundary layer. 

This was done by an adaption of the liqiiid- film method originally 
developed by Gray (reference I5) for use in subsonic investigations. 
This method utilizes the fact that the rate of evaporation of a 
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llg.uld filia on the surface of the model is generally greater where 
the houndary layer is turbulent than where it is laminar. 

In the present tests, the model was first coated with flat black 
lacgi^er of the type used on photographic eq^uipment, the lacquer being 
applied with an air brush after having been thinned sufficiently to 
make this possible. Immediately prior to installation in tlie tunnel, 
the model was again sprayed by means of the air brush with a liquid 
mixture conq)osed of glycerin, alcohol, and a liquid detergent in the 
ratio of 1:9:2 parts by vol\mie. The glycerin is the actual evaporating 
agent in the test; the eilcohol, which disappeeurs quickly after appli- 
cation, is added as a thinner to allow spraying with the air brxish; 
the detergent is used to facilitate the wetting of the model surface. 
As a control experiment, the lacquer and liquid coatings were tested 
on a body of revolution for which the transition from laminar to 
turbulent flow could be detected, as described in reference 14, by 
schlleren observation of the shock— wave configuration at the base. 

It was foiaad that the coatings do not themselves alter the flow in 
the boundary layer. 

After application of the liquid film, the model was rim at the 
desired test condition for a sufficient time to cause the film to 
evaporate conpletely in the turbulent region but remain moist over 
most of the laminar area. The difference in rate of evaporation 
between the two areas was sufficiently great to allow considerable 
variation in this time without essentleJL alteration of the results. 
Upon removal from the tunnel, the model was dusted with coarse teJ-cum 
powder 'vdiich adhered to the laminar but not to the turbulent area, 
thus increasing the visml contrast between the two regions. The 
excess powder was then blown off with a dry Jet from the air brush, 
and the model photographed. 

Photographs of both a body of revolution and a wing after testing 
in this manner are given in figure 5. A band of salt crystals was 
applied on both the body and the wing to cause transition to 
turbulence in a region in which the flow would otherwise be laminar. 

Ihe dry area downstream of the salt crystals is apparent. Small 
dry eireas also appear just aft of the nose on the body and of the 
leading edge on the wing, regions in which the laminar boundary 
layer is very thin and the surface shear accordingly very high. This 
local drying is the result of the viscous scouring and the high 
localized rate of evaporation which accompany this condition. In 
some cases, the otherwise dry turbiilent area aft of the transition 
point may be streaked with streamers of excess liquid blown back 
from the laminar region. These streamers may at times be used as a 
valuable indication of the direction of flow within the turbtilent 
boundary layer. 
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RrViUpi-rPin olaservatlons *— Side— yiew schlleren photographs of the 
wings throu^out the angle range were taken concurrently with the 
force tests. Plai>-view photographs at zero angle of attack were taken 
during special additional runs. 

ANALYSIS OF DATA 

Corrections to E 3 q>erlniental Eesults 

Interference of support hody .— The results of the force tests 
have been reduced to coefficient form by the procedure described in 
reference I 3 . No correction has been applied for the tare and 
Interference effects of the support body. For the minimum drag in 
particular, such effects may be considerable and must be taken into 
account before a conclusive comparison can be made between the 
measured values and the theoretical results for the wings alone, 

A detailed study was made in an attempt to accomplish this; however, 
because of the present uncertainty of the numeroxis drag corrections 
which it is possible to name or estimate, it was concluded that 
corrected drag values wovild not constitute a necessarily closer 
approximation to true wing-alone data than do the uncorrected results. 
More important, it was foxmd that consistent inclusion or omission of 
any or 1 1 of the corrections does not alter in any way the general 
conclusions of the investigation. The drag data are therefore 
presented uncorrected and must be regarded as qualitative in con^jarison 
with the theoretical calculations. To be consistent, the lift and 
morent data are likewise presented xincorrected, although it was 
apparent from the detailed study that the corrections to these 
quantities would not be large and could be made with reasonable 
accuracy. 

As a matter of interest, the aerodynamic characteristics of the 
support body tested with a flush filler strip in place of the wing 
are shown in figure 6 for the bodies of both 3 *^ angle of 

incidence. For ccm^jarison with the characteristics of the combina- 
tions, the coefficients are referred to the geometry of the wing plan 
form (see Results and Discussion); the moments are here taken about 
the transverse axis indicated in figure 3* The failure of the curves 
for the two bodies to join is caused by the differences in geometry 
Just forward of the base. The lift on the body alone is relatively 
small; but, as can be seen by comparison with later results, the 
minimum drag is equal in certain cases to a third of the drag of the 
wind— body combination. The moment taken about the body reference 
axis is small. When referred to the position of the axes for the 
wings (fig. 3h is negligible for the 3 ° body and very small for 

the 11° body. 
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It should not "be assumed tiiat direct subtraction of the aero- 
dynamic coefficients for the body alone from those for the wing-body 
combinations will give an accurate approximation of what wotild be 
obtained if a wing could be tested alone. The detailed study of the 
problem indicates, in fact, that in the present case such a procedure 
would lead to overcorrection of the results. In reference I 3 the 
reverse process of adding the results from Individual tests of two 
wings of aspect ratio 4 and several relatively large bodies was 
foxond to give lift and drag curves in reasonable agreement with those 
obtained by tests of the wing— body combinations. This resvilt may, 
however, be peculiar to wings and bodies of the general type considered 
in that investigation euid is not necessarily applicable to the config- 
urations of the present study. The reasons behind this are discussed 
under General Eemarks near the end of the report. 

Interference of balance cap.— Independent tests of the effect 
of a I’ear support upon the drag of bodies of revolution (reference 1*0 
indicate that for a body without boattailing the interference effect 
of the support is confined to the base of the body. It therefore 
appears reasonable to assiuaa in the present tests that the inter- 
ference of the balance cap is not appreciable except with regard to 
its effect on the pressui^e on the base of the support body. Ihis 
latter effect may, however, differ for the various wings as the 
result of differences in the wake from the wing and the wing— body 
Juncture. In order to make the resiilts con^jarable in this regard, 
the base pressure was measured in each test and the drag data 
corrected to a common base pressure equal to the static pressure of 
the free stream. 

Stream angle .— A connection of always less than +0.1p° has been 
applied to the masured angles of attack to account for differences 
in stream angle at the positions occupied by a model at different 
nominal angular settings. This condition was noted when the 
uncorrected results for tests of the sarae airfoil at two longitudinal 
stations in the test section disagreed by approximately 11 percent 
with regard to the slope of the lift curve. Application of the 
stream-angle corrections, which were obtained by measurements of 
the pressure difference between two sides of a calibrated wedge, 
brought the slopes into agreement. 

The streamr-ongle correction was found necessary subsequent to 
the tests of reference I 3 . For comparison with the results of the 
present tests, the slope of the lift curves in reference I 3 should 
be reduced by 5 percent at the Eeynolds number of the present report. 
The absolute value of the lift coefficient at an angle of attack of 
+ 3 ° remains unchanged, since at this angle the model is at the 
tunnel center line where the stream angle is zero. 
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Draig corrections for the longitudinal gradient in the stream 
were calculated on the same hasis as in reference 14 and found to 
he negligible. 

Altered geometry of modified wings .— The modification of wing 
SET— 1 by rounding the leading edge was accompanied by a small change 
in the plan form. The aerodynamic coefficients for the modified 
wing were computed in each case on the basis of the true geometric 
properties of the altered plan form. The modification also entailed 
a Hiifyin- unavoidable increase in the thickness ratio of the wing 
section, Tliis increase in thickness ratio results in an increase in 
the pressure drag which is not properly attributable to the leading 
edge roTonding as such. To correct for this effect the measured drag 
of the modified wing was adjusted back to the original thickness 
ratio of 5 percent by subtracting from the measured drag coefficients 
a small correction 


A Cd a Ci>t. 

2 . 

= C]>t 

(t/c)r^ 


(t/c)a 


0.0025 


Here Cpt is the theoretical drag due to thickness for the original 
wing, and the subscripts r and a refer to the real and adjusted 
thiclmess ratios for the modified wing. This assumes that for the 
thickness distribution of the modified wing the pressure drag is 
proportional to the square of the thickness ratio, and that the 
constant of proportionality has the same theoretical value as for the 
thickness distribution of the original wing, Remaining differences 
between the drag of the original and modified wings are then reasonably 
attributable to the change in thickness distribution itself; that is, 
to the leading— edge rounding, Ihe resulting correction, while 
significant for later wings in the general investigation, amounts 
to only 1 percent of the measvtred minimum drag for wing SET— 1. 


Precision 

The precision of the experimental data has been evaluated by 
estimating the uncertainty involved in the detenalnation of each 
item which affects the results. The uncertainty of the final results 
is then taken as the square root of the sum of the squares of the 
ixviividual values. A detailed accoxmt of this evaluation is given 
in Appendix A. The following table lists the final uncertainty for 
two values of the lift coefficient: 
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Quantity 


Uncertainty Uncertainty 

for Cl = 0 for Cl = 0.^ 


Lift coefficient 


±0.002 


±0.005 


Drag coefficient 


± .0004 


± .0016 


Pitching-moment coefficient 


± .002 


± .011 


Angle of attack 


± .110 


± .15° 


The uncertainty for the lift-drag ratio Is ±0.24 for values in the 
vicinity of the maximum. liie estimated uncertainty in the Ifech 
number is ±0.01 and in the Eeynolds nxraiber ±0.01 million. 

The magnitude of the experimental scatter characteristic of the 
investigation is indicated in several of the figures (e.g., figs 9(c) 
and 10(b)) vhich include the results of check runs made at wide 
intervals of time by different operating personnel. The accuracy 
of the present results is in general superior to that of the wing 
data of reference I3 for the same level of tunnel pressure. No 
comparison should be made between the moment data of the present 
report and those of reference I3, since the latter results are now 
known to be xuireliable as the result of defects in the balance. 


The theoretical characteristics of most of the wings of the 
general investigation have been calculated using the linear theory 
of supersonic flow. As a basis for the detailed computations of this 
and later papers, a preliminary review of the general results of the 
theory is advantageous. 


To the order of acciuracy of the linear theory, a given cambered 
wing at angle of attack may be treated, so to speak, as the sum of 
three component wings all of the same plan form as the given wing 
but differing in airfoil section. This procedure can be illustrated 
as follows; 


THEC5RETICAL CALCULATIONS 
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The given wing at angle of attack 
equals 

(l) an uncamhered wing of the 
same thickness distribution as 
the given wing and at zero angle 
of attack. 


plus 

(2) a cambered surface of the same 
contour as the mean surface of the 
given wing eind at zero angle of 
attack. 


plvis 

(3) a flat lifting surface at 
the angle of attack of the given 
wing. 


It is convenient to denote the theoretical pressure distributions for 
the three component wings as the pressiire distributions due to thick- 
ness, camber, and angle of attack, respectively. The pressure distri- 
bution for the complete wing is the sum of the pressure distributions 
for the component wlrgs. 

On this basis, the equation for the lift curve of the complete 
wing can be written 


/dCL\ 

f \ 


\ia J 

\^o^L=0 ) 

~ Ida / [ 


( 2 ) 


The lift-curve slope (dCL/da) is determined completely by the plan 
form of the flat lifting surface; the lift at zero angle Ci^_q 
depends on the plan form and contour of the cambered surface. The 
angle of zero lift ol=o is likewise a function of both plan form and 
camber. 
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The eijuation for the curve of moment versus lift can be written 


To derive a drag curve which Includes the effects of friction 
tls^ assumed that the viscous forces may be Introduced without * 
altering the pressure distribution filven bv the linear +.hen>r, 


'Hils assumes that the characteristics of the boundary layer after 
transition are the same as if it were turbulent the entire distance 
up to the transition point. 

The terms CDt, CDcc^ and CDaa ai*® the contributions to the 
pressure drag of the three component pressure fields each acting on 
its own elementary wing. The first two are independent of angle of 
attack. The term Cpac represents the drag of the elementary flat 
wing due to the pressure field of the cambered surface, and Cn 
is the reciprocal effect upon the cambered wing of the pressure^^ 
field of the flat surface. In general, the integrations for the 
four components of pressure drag associated with the lifting surfaces 



( 3 ) 


where 




lift CmL=o depend on both the plan form and camber. 



Cd - Cpf + Cd^ + CDcc + Cpaa + CDac + 



CDf - 2 - sig-sa 


(' 


^ f turb ^ * 


flam 


( 5 ) 


singularities in the pressure distribution and the slope 


of the streamlines at the leading edge, and care must be taken to 
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evaluate the proper leading-edge suction for each component. 


For most of the wings of the general study^ the leading— edge 
suction may he disregarded and the drag equation can be written 


Cp = Cpf. + Cpt + Cpcc 


oCLa 


( 6 ) 


The expression (dCp^g^/da) is a constant for any given wing. It is 
found by evaluating the drag, exclusive of the effects of leading- 
edge suction, for the elementary cambered wing when subjected to the 
pressure field which exists on the flat lifting surface at unit angle 
of attack. Using the notation CDj^=(CD-Cpm4|^j^) and /!^L=(CL-CLD=:iain)^ 
equation (6) can be transformed, with the aid of equation (2), to 
the form 

Cd = ^Dmln + " (CL"CLp=min) 

(^l) 


where the various qiiantities are given hy the relations 


^Dmin = °Df + ^»t + ~ 


4(dCL/da) . 






( 8 ) 


^ 1 

(^l)^ (dCp/da) 


'^D=min " ^ 


CL„o - 


dx 


(9) 

( 10 ) 


For the wings of the present paper, the effect of leading— edge 
suction is of interest. For the wings of zero camber, this effect 
can be included by simple modification of the foregoing equations. 
In this case, all quantities of equation (lO) become zero, the last 
term of equation (8) disappears, and equation (9) for the drag— rise 
factor may be replaced by 


OPj _ ^ a 

(ACl) 2 " (dCp/da) 


( 11 ) 


where defines the rearward inclination of the force on the flat 

lifting surface as a .fraction of the angle of attack, that is. 


ka 




a 


( 12 ) 
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The theoretical value of kg depends only on the geometric 
characteristics of the flat lifting surface. For any lifting surface 
with a supersonic leading edge the pressures at the leading edge are 
finite, the resultant force on the wing is normal to the surface, and 
kg has a value of unity, ^ For a wing with a subsonic leading edge, 
linear supersonic theory indicates infinite suction pressures at this 
edge just as in purely subsonic flow. This leading-edge suction 
exerts a finite component of force on the wing in the direction of 
motion, thus causing the resultant force to be inclined somewhat 
forward of the normal to the lifting surface. The theoreticail value 
of ka in any given case is determined by the plan form of the wing 
in relation to the accompanying pattern of Mach lines. 

For the -uncambered swept— back wings of the present report, 
existing analytical results are sufficient for a rigorous determina- 
tion of the pertinent terms in the foregoing eqmtions for the lift, 
moment, and drag curves. For the corresponding swept— forward wings 
it is necessary to employ certain approximations as outlined in 
Appendix B. Vdiere advantageous, detailed pressure distributions have 
aiso been calculated for correlation with the experimental results. 
For the cambered wings the conqjutation of the complete theoretical 
characteristics was not atten 5 >ted. The methods used for specific 
wings €u:e described briefly in the following paragraphs. 


Swept— back Triangles 

The pressirre distribution due to angle of attack for the swept— 
back plan form was computed from the equations of Stewart 
(reference 6), The resvilting lift distribution is shown in the 
upper portion of figure 7* use in equation (2), the lift— curve 

slope corresponding to this lift distribution is given by Stewart 
(in radian measure) as 




(13) 


where E is the complete e3-liptic integral of the second kind for 

leading or trailing edge is described as "subsonic” or "supersonic" 
depending on whether the cong)onent of free-^stream velocity normal to 
the edge is subsonic or supersonic — or, in other words, whether the 
local angle of sweep is greater or less than the sweep angle of the 
Mach cone. The terms are equally useful to describe the ridge line. 
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the argument Since according to theory the aerodynamic 

center coincides with the centroid of area for the swept-hack plan 
form, the value of (dCm/dCL) iii equation ( 3 ) is zero for the swept- 
back wings. 

The pressure distributions due to thickness for wings SBT-1 and 
SBT-2 were calctilated by the method of Jones (reference I 6 ). For 
these computations, the conical pressure field due to a pair of semi- 
infinite "pressure sources" at the leading edge was superposed on the 
conical field due to a pair of semi— infinite "pressure sinks" at the 
ridge line. The resulting pressure field, which is nonconical in 
nature, will be described in detail later in the paper. The values of 
Ci>t corresponding to these pressure distributions were taken from the 
graphical results of Puckett (reference 12). 

The value of k^ required in equation (ll) for the evaluation 
of the drag— rise factor for the uncambered wings was taken as unity 
for those computations in which no leading-edge suction was aasximed. 
For the computations in which the fxill theoretical suction was 
included, k^ was computed from the equation 




2E 


(14) 


which is readily derived from the results of reference 8, 10, or 11. 


Swept-forward Triangles 

The pressure distribution due to angle of attack for the swept- 
forward plan form was computed as described in Appendix B. The 
resulting lift distribution is shown in the lower portion of figure T. 
The negative lift which theory predicts behind the points of inter- 
section of each trailing edge and the Mach line from the opposite 
tip is apparent. Since it is' not possible with existing theory to 
compute the pressitres in the area aft of the first disturbance 
reflected from these intersections, the lift is not indicated in this 
region. If it is assumed that the lift in this region has the value 
(indicated by the dotted outline) that it would have if the reflec- 
tions had no effect, the lift distribution can be integrated as in 
Appendix B to obtain for the lift-curve slope in equation (2) the 
approximate relation 
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(15) 


For the present plan form and Mach nmher the ralue calculated from 
this eqmtion for the svept— forward case is essentiailly equal to 
that calctilated for the swept— hack triangle from equation (I3). 

This interesting result is di8c\iesed in Appendix B, The slope of 

the mcanent cxjrve for use in equation (3) can he similarly approximated 

as 


This resiilt is readily derived from equation (IQB) of Appendix B, 

The pressure distributions due to thickness for wings SFT -1 and 
SFT -2 were again calculated hy the method of reference 16. The 
necessary source-sink pattern is shown in figure Q; the results are 
described in the later discussion. By virtue of von Karman’s 
Independence theorem (reference 10 ), the values of correspond- 

ing to the calculated pressure distributions are identical with those 
obtained from Puckett’s results for the same wing model in the swept^- 
back attitude. This fact was confirmed by independent integration of 
the pressure distributions. 

For the uncambered swept— forward triangles, the value of k^ in 
equation (ll) for the drag-rise factor must be taken as unity In view 
of the supersonic leading edge of these wings. 


The results of the force tests are presented in the us\ial form 
of lift, drag, and pitching-moment coefficients. The coefficients 
are referred to the plan-form area of the wings, including the portion 
of the plan form enclosed by the support body. Moments are taken 
about the centroid of the plan form with the mean aerodynamic chord 



(16) 


*/ 8m/l +m — 1 
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as the reference length. (For a triangular ving, the mean aero- 
dynamic chord, as defined in the section on Symbols, is equal to 
two-thirds of the root chord.) All of the data presented are for 
a test Ifech number of 1.53 and a Reynolds number of O.75 million 
based on the mean geometric chord of the wing. 

The measiured characteristics of the swept— back triangles, 
including the results for wing SBT-3 through the high-angle range, 
are given in figure 9; the characteristics of the swepb-forward 
triangles are presented in figure 10. In all cases, the experi— 
Dental data of these figures are for wings with a sharp leading 
edge and a distinct ridge line. (It should be noted that the scale 
of drag coefficient for the high-angle test of wing SBT-3 (fig. 9(d)) 
is one-half of that in the other plots.) For the uncambered wings, 
theoretical curves obtained as described in the preceding section 
are included in figures 9 and 10. The theoretical drag curves shown 
here are for pressure drag only and assume no leading— edge suction. 
The data of figures 9 1*^ also summarized in tabular form 

in table I. In each Instance, the value determined from the faired 
experimental curve is given first and the corresponding theoretical 
value indicated in parentheses directly below. 

The results of one test of wing SBT-1 with the leading edge 
rounded (in this case to a radius of 0.25 percent of the chord) 
are given in figure 11. In this case the calculated pressure drag 
is shown for both zero leading— edge suction dnd the full theoretical 
value. Since the single test of wing SBT— 1 with the ridge rounded 
revealed no effect of this modification on any of the aerodynamic 
characteristics, the results for this ca.se are not included. 

In the discussion of the results, it is convenient to consider 
first the lift and pitching moment for all of the wings, since those 
characteristics depend primarily on the distribution of noroial 
pressure over the surface. The consideration of drag end lift— (drag 
ratio, which depend equally upon the frictional forces, will be 
taken up later. 


Lift and Pitching Moment 

It is appai^nt from figures 9 fi^nd 10 that the experimental 
lift curves for all the wings are linear within the range tested and 
that tile pitching-moment curves, except for wing SFT— 1, are very 
nearly so. The experimental data given in table I are thus 
sufficient in most cases to define completely the lift and moment 
cliaracteristics. 
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Lift .— It follows fron the previous consideration of equations 
(2), (13 snd (15) tlvat the lifl^-curve slope predicted hy the lineair 
theory is essentially the same for all of the wings tested, regardless 
of the thickness distrihution, camber, or direction of sweep. The 
experimental values of table I confirm this conclusion very closely 
insofar as the effects of thickness and camber are concerned for a 
given direction of sweep. They do, however, reveal a general secondary 
difference in slope between the swept-back and swept— forward series 
of wings. 


For the swept— back series the agree/uent between the experimental 

values of the lift— curve slope for the three wings is remarkable. 

The maximum deviation from the average value for the series is only 
± 1 -^ percent, which is within the limits of accuracy possible in the 
fairing of the experimental data. For the swept— forward series the 
oveiwall spread in the experimental slope is somewhat greater, the 
value for wing SFT — 2 being 7 percent less than the common value 
obtained for wings SFT — 1 and SFT— 3. In general, however, the 
principle of the linear theory that for a given plan form the effect 
of angle of attack can be separated from the effects of thickness 
and camber is reasonably well substantiated. 

The general difference in slope between the swept— back and 
swept— forward families of wings is small but definite, the average 
experimental slope for the swept— back wings being some 10 percent 
less than the theoretical, while that for the swepb-forward wings 
agrees with theory almost exactly. Althoxxgh the precise values of 
the experimental slope are subject to some question as the result of 
support— body interference, the systematic difference between the two 
families may be a consequence of the different character of the lift 
distributions as previously illustrated in figure 7* Althou^ the 
resultant pressure distribution over the surface of the complete 
wing at emy angle depends upon both the pressure distributions due 
to thickness and camber and the lift distribution due to angle of 
attack, it is apparent from the nature of the lift distributions 
alone that for a given angle of attack the chordwise pressure 
gradients on the upper surface of the wings are likely to be more 
adverse for the swep-U-back than for the swept— forward plan form. 

This may result in greater thickening or separation of the boundary 
layer near the trailing edge on the swept— back wings and consequently 
greater reduction in the measured lift below that predicted by an 
invlscid theory, (in comparing these results with those of reference 
13, where the experimental lif-b-curve slope for an unswept wing was 
given as 4 percent greater than theory, it should be remembered, as 
pointed out under Analysis of Data that the slopes in that reference 
are known to be too hi^ by 5 percent at the present Reynolds number. ) 
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For the one test of wing SBT— 3 at hi^er arigles, the results of 
figure 9(<i) indicate a constant slope of the lift curve up to an 
angle of 15° and a lift coefficient of 0.6, The saine result would he 
expected for the other swept— back wings and probably for the swept- 
forward wings as well. The small displacement between the two 
portions of the lift curve in figure 9(d) is probably due to the 
difference in afterbody geometry for the bodies of 3° and 11° inci- 
dence, although the displacement apparent here is about twice that 
noted for the bodies alone in figure 6. 

As to the angle of zero lift, this quantity was found for all 
of the uncambered wings to be zero within the narrow limits of ±0.1°. 
This provides a valuable indication of the accuracy of the test methods 
with regard to the determination of angle of attack. 

For the cambered, swept-forward wing (SFT— 3) the measured angle 
of zero lift is +0,2°. No comparative theoretical value has been 
calciilated, but it is to be expected that such a calculation would 
give an angle of zero lift other than zero — in contrast to the 
linear two-dimensional theory of airfoils at supersonic speeds, 
which predicts zero lift at zero angle regardless of camber. At 
present It can be noted only that the experimental angle of zero 
lift is of the same sign as the value of +0,36° predicted at 
Mo=l»53 ^y the Busemann second— order theory (reference I7) for a 
two-dimensional airfoil of the same section as wing SFT— 3. This is 
reasonable, since the large portion of wing SFT— 3 ahead of the 
region of Influeioce from the tips must experience the same pressures 
as a two-dimensional airfoil of the same section. 

For the cambered, swept— back wing (SBT— 3) the angle of zero 
lift is of opposite sign, having a value of —0.8°. The effect of 
camber for the swept— back triangle is thus to displace the lift- 
curve in the same direction as for a positively cambered airfoil at 
subsonic speeds. In the subsonic case the Influence of the airfoil 
is propagated an infinite distance forward, resulting at zero angle 
of attack in an upflow at the leading edge and a positive lift. 

That the same res\alt is observed experimentali.y for wing SBT— 3 
at supersonic speed implies that the similar upflow indicated by 
supersonic theory between the leading edge and the llach cone from 
the apex of the wing does in fact take place. This point has 
bearing upon the later discussion of the drag due to angle of 
attack. 

Pitching moment .— As with the lift cuisre, the slope of the 
linear moment curve defined by equation (3) is independent of thick- 
ness distribution and camber. Contrary to the situation with lift, 
however, it does depend markedly upon the direction of sweep. 


CONFUENTIAL 


NACA RM No. A7IIO 


COKFIIJEKTIAI. 


23 


For the swept— hack triangles of uncambered section, the theory, 
as previously indicated, predicts zero moment at all values of the 
lift coefficient. The experimental moment data for wings SBT — 1 and 
SBT-2 (figs. 9 (a) and 9(h)) are for all practical purposes in agree- 
ment with this result, a confirmation previously reported for trian- 
gvHer wings of varying aspect ratio in reference 5. Upon close 
examination the present results do show a very slight hut reproducible 
nonlinearity in the data, indicating a progressively forward shift 
of the aerodynamic center with increasing lift. This may he due to 
second— order pressui-e effects, to the influence of viscosity, or to 
the interference of the support body, 

Althoi;igh the theoretical magnitude of the camber effect ha,s not 
been determined, it is to be expected from equations (3) and ( 4 ) that 
the addition of camber in wing SBT— 3 will cause a vertical displace- 
ment of the theoretical moment curve without any change from the 
original slope. The experimental results for wing SBT— 3 are in 
essential agreement with this prediction, indicating a negative 
moment at zero lift and the same slope characteristics as for the 
uncambered swept>-back wings. As is apparent from figure 9 (d), the 
slight positive slope of the moment curve at positive lift is 
unaltered up to a lift coefficient of 0.6. 

For the swept— forward triangles, equation (16) indicates a 
common moment— curve slope of O.I6O, which is equivalent to a position 
of the aerodynamic center 10. 7 percent of the root chord forward, of 
the centroid of area. As seen in table I, the experimental slopes 
for the swept— forwai’d wings are in every instance greater than the 
common theoretical value, the average of the slopes for the three 
wings being equivalent to an aerodynamic— center position 15«3 
percent forward of the centroid. Since the theoretical position of 
the aerodynamic center may itself be somewhat too far forward as 
the result of special approximations involved in the calculations 
for the swept— forward, plan form (see Appendix B), the disparity 
between experiment and a precise linear theory wotild be still greater. 
This disagreement between experiment and theory is probably due to a 
combination of effects not considered in the inviscld linear theory. 
For two-dimensional airfoil sections having the same profiles as the 
present wings, the second-order effect of airfoil thickness 
(reference I7) is to increase the theoretical moment-curve slope from 
the value of zero given by linear theory to a positive value of O.O32. 
This effect is, for any double— wedge section and given Mach number, a 
function of the thickness ratio only and is independent of thickness 
distribution and camber. Since, as previously pointed out, the 
portions of the swept— forward wings ahead of the region of influence 
from the tips must experience the same pressures as a two-dimensional 
airfoil of the same section, the second— order effects of thickness 
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would be expected to cause a similar increase in the theoretical 
slope for these swepV-f orward wings. If it is assumed that the 
second— order effects of thickness and the first— order effects of 
plan form may be superposed, the resulting theoretical momentr-curve 
slope for the wings becomes 0,192. Although such superposition is 
not strictly admissible, the fact that this approximate second— order 
value still falls below the average experimental slope of O.23O for 
the three wings suggests the possibility of additional increase as 
the result of viscous effects. This condition, which has previously 
been noted in two-dimensional supersonic tests of a double— wedge 
airfoil by Hilton and Pruden (reference I8), is consistent with what 
mi^t be expected frcsn separation of the boundary layer on the low- 
pressure surface near the trailing edge, such as has been observed 
in the two-dimensional case by Ferri (reference I9) . 

It is interesting to note that the condition which is observed 
both here and in the previous two-dimensional supersonic investiga- 
tions is essentially different from that which occiirs in tests of 
airfoils at subsonic speeds. In the low-speed subsonic case, the 
second— order effect of airfoil thickness is to displace the aero- 
dynamic center slightly to the rear (i.e., decrease the moment— cvirve 
slope as referred to the mid-chord station) while the effect of 
viscosity is to return it forward. The net result is that the 
experimentally determined positions agree well with the quarter- 
chord location indicated by the first— order theory. Some such condi- 
tion as this may account for the suspiciously perfect agreement 
previously noted for the swept-back triangles. 

On the swepl^-forward plan form, the effect of the addition of 
camber in wing SFT— 3 is, as in the case of the swept— back triangle, 
to cause a negative DKanent at zero lift, the value of the coefficient 
being —0,030. For comparison it can be noted that the corresponding 
moment coefficient for the wing section is given as — 0.0k4 by the 
linear two-dimensional theory of airfoils at supersonic speed. 

To summarize the situation with regard to lift and pitching 
moment, the res\ilts for the present triangular wings indicate that 
the relationship between experiment and the lineeir theory is here 
much the same as that which has been found in other wing problems 
to \diich the linear theory is applicable. With regard to lift— cm've 
slope, e::q)eriment and theory agree within limits which are comparable 
to those commonly obtained at subsonic speeds. With regard to 
moment— curve slope, the agreement is in general less good, experiment 
indicating for the swept— forward triangles slopes noticeably greater 
than those predicted by theory. This is in agreement with what has 
been observed for two-dimensional airfoils at supersonic speed, and 
is probably due to second— order T)ressure effects and to the effects 
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of viscosity. For those quantities for which no calculation was 
attempted, that is, the eingle and moment at zero lift for the 
cambered wings, the experimental results are in qualitative agree- 
ment with the superposition principle of the linear theory and with 
what is known of the nature of the flow fields. 

It should also be noted (fig. 11 ) that the test of wing SET— 1 
with leading edge rounded to a radius of 0.25 percent of the chord, 
which is con^jarable to that of an NACA low^-drag section of the same 
thickness ratio, shows no effect of this modification upon the lift 
and pitchlng^oment characteristics. The same result was found for 
the larger leading-edge radii tested. (See discussion of drag due 
to angle of attack. ) As previously indicated, rounding of the ridge 
line likewise had no effect upon the lift and moment. 


Drag and Lift— Drag Ratio 

Table I at the end of the report also summarizes the experi- 
mental results presented in figures 9 and 10 with regard to the drag 
and lift— drag ratio of the sharp-edged wings. The comparable theo- 
retical values are all computed by consideration of the pressure 
drag alone and on the assumption of zero leading-edge suction. The 
evaluation of the experimental values for and kg will 

be estplained later. 

Minimum drag .— Although the precise experimental values of the 
mlnlnrum drag are open to some question because of the effects of 
support— body interference, two iu^jortant qualitative results are 
evident in the data. First, moving the chordwise position of maximum 
thickness for the swept— back triangles forward from the 50-percent 
station (wing SBT- 2 ) to the 20 -percent station (wing SET— l) 
apparently did not reduce the total drag by the amount that considera- 
tion of the pressure drag alone would indicate. The effect was, in 
fact, to increase the drag very slightly. Second, for a given wing 
mcJdel the measured minimum drag was to a first approximation independ- 
ent of the direction of motion. 

When it was first noted that forward displacement of the maximum 
thickness failed to provide the expected reduction in minimum drag, 
the e3p>erimental data were suspected of being in error. Repeated 
tests, however, gave identical values. It was next thou^t that the 
tare and interference effects of the support body might explain the 
result; however, it was difficult upon further consideration to see 
how such effects could account for the large difference in the 
increments by which the obseirved total drag exceeds the theoretical 
pressure drag for the two wings in question. The key to a possible 
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explanation was finally supplied by consideration of the friction 
drag for the two wings as illustrated in figure 12(a). Here the drag 
data for wings SBT— 1 and SET— 2 are plotted to an enlarged scale, 
together with theoretical curves of pressure drag and total drag for 
the two wings. The curves of total drag are shown for three assump- 
tions regarding the flow in the boundary layer: (l) all laminar 
flowj (2) all turbulent flow; and (3) combined laminar and turbulent 
flow as indicated by the results of the liquid— film tests to be 
described later. For wing SBT-1, the experimental points are seen 
to lie always on or above the theoretical curve for all turbulent 
flow; for wing SBT— 2 they lie appi’oximately midway between the curves 
for all laminar and all turbulent flow. This condition suggested 
that the observed failure of wing SBT— 1 to have the lower minimum 
drag mi^t be due to a relatively greater extent of tui’bulent boundary 
layer on this wing, a possibility which was corroborated by considera- 
tion of the areas of adverse gradient in the theoretical pressvtre 
distributions for the two wings. 

To check this hypothet is, Gx-ay's liquid-film method for the 
indication of treuisition was adapted for use in a supersonic stream 
as previously described. The resiilts of tests by this n»thod of the 
two swept— back wings at zero angle of attack are shown in the 
photographs of figure I3. The area of laminar flow, which appears 
as the greyish area in the photographs, is considerably more 
extensive on wing SBT-2 (fig. 13(b)) than on wing SBT-1 (fig. I3 (a)). 
This result, which confirms the original hypothesis, was repeated 
many times in the course of the nvimerous runs necessary to work out 
the technique for the tests. The photographs shown in these figures 
(and in the later figures for wings SPT— 1 and SFT— 2) represent the 
best which were obtained from the standpoint of photographic clarity. 

The physical explanation for the observed result is to be found 
in figures 14(a) and (b), in which photographs of the transition 
pattern for wings SBT-1 and SBT-2 are combined with a three-dimensional 
phantom representation of the theoretical pressure distribution at 
zero angle of attack.^ For clarity, the pressure distributions are 

Since it was not decided until late in the investigation to photograph 
all of the wings from the same vantage point for these composite 
pictures, it was not always possible to use the best photograph of a 
given wing for this purpose. Thus the secondary details of the transi- 
tion pattern, which differed slightly from run to run depending on the 
thickness of the liquid coating and the duration of the test, may not 
be the same in the composite pictures as in the previous photographs 
of the wings alone. 

Becaiise of difficulties in reproduction, the photographs of the 
transition patterns in the conroosite pictures have been retouched 
sli^tly to preserve essential detail. The photographs of the wings 
alone are in all cases as originally taken. 
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shown in figure lU for only one— half of the wing — in this case, the 
far half. The distributions for the upper and lower surfaces are, 
of course, identical. The pressures are plotted in coefficient form 
from a base plane parallel to the center plane of the wing, positive 
coefficients being plotted downward and negative coefficients upward. 

To facilitate visual projection to the airfoil and to make directly 
visible certain surfaces which would otherwise be covered, the 
positive and negative portions of the pressure distribution are 
shown separated with the transition picture between. It is not 
intended to iii 5 )ly by this separation that the two portions correspond 
to opposite surfaces of the wing. The infinite positive and negative 
pressures shown at certain points are, of course, fictions resulting 
from the assuB 5 >tlons of the linear theory. In acttiality, the 
absolute values of the pressure at these locations woxild be large 
but finite. 

Important differences between the pressure distributions for 
the two wings are apparent. On wing SET— 1, which has a subsonic 
ridge line, the pressure at any given spanwise station falls rapidly 
from an indeterminately large positive value at the leading edge to an 
indeterminately large negative veilue at the ridge line. Over the 
entire area aft of the ridge line the pressure rises, first abruptly 
and then less rapidly, to a finite negative value at the trailing edge. 
The flow over the ridge thus has the essential character of subsonic 
flow around a comer, and the entire after portion of the airfoil is 
subjected to a pressure gradient which is adverse with regard to the 
flow in the boundary layer. On wing SBT— 2, which has a supersonic 
ridge line, the pressure falls from an indeterminately large positive 
ved-u© at the leading edge to a finite positive value at the ridge. 

Over the ridge the pressure Jumps discontinuously to a large but finite 
negative value in the manner of supersonic flow around a corner, and 
then remains essentially constant until the flow reaches the disturbance 
originating from the ridge line at the root section. Aft of this Mach 
line the pressure rises, but less rapidly than on wing SBT— 1, to a 
finite negative value at the trailing edge. Thus wing SBT— 1 exhibits 
a much greater pressxire recovery over the area aft of the ridge line 
than does wing SBT— 2, This, together with the region of negative 
pressure ahead of the ridge on wing SBT— 1, is the reason for this 
relatively sma.ller pressure drag of the wing. By the same token, 
however, wljag SBT— 1 has a relatively greater surface area subjected 
to an adverse pressure gradient. 

Although not perfect, the correlation between the type of 
boundary— layer flow and the sign of the theoretical pressure gradient 
is striking, particularly on wing SBT— 2 where the beginning of the 
severe adverse gradient does not coincide with the ridge line. On ' 
both wings the tuirbulent area appears actually to start a short 
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distance aft of the theoretical heginnlog of the adverse gradient, 
hut the general correspondence between the areas of theoretically 
adverse gradient and the areas of turbulent boundary— layer flow Is 
appeirent. 

For calculation of the theoretlceO. curves for comblxied laminar 
and turbulent flow in figure 12(a), the areas of turbulent flow were 
estimated from the photographs of figure I3 to constitute 65 and 20 
percent of the total wing surface on wings SBT-1 and SBT-2, 
respectively. On the basis of these ctirves, moving the chordwise 
position of maximum thickness forwerd from the 5O— percent to the 
20— percent station would at the present Reynolds number result in a 
decrease of only 0.0012 in minimum total dreig as compared with the 
decrease of O.OO37 indicated on the basis of the pressure drag alone. 
The ejcperimental results for the wing and support body indicate an 
actual increase of 0.0010. Because of the effects of support— body 
interference, a decisive comparison between the theoretical 6ind 
experimental values is not possible; however, the evidence of the 
transition pictures leaves little doubt as to the primary reason 
why forward displacement of maximum thickness failed to result in 
the gains in minimum drag predicted by the inviscid theory. 

Con5)arative plots of the experimental and theoretical drag 
results for the uncambered swept— forward triangles are presented 
in figure 12(b), including again a theoretical curve of total drag 
based on the insults of the llqtild— film tests. The experimental 
value of minimum drag coefficient for wing SFT— 1 in combination with 
tile support body shows a reduction of 0,0015 relative to that for 
wing SIT-2. This is in contrast with the reduction of O.OO37 
indicated by the theoretical values of pressure drag for the wings 
alone, Ihus for the swept— forward wings the displacement in position 
of maximum thickness, in this instance from the midchord toward the 
trailing edge, did result in a small experimental gain in Tn-t niTmirn 
drag, but only about one-half of that predicted by the inviscid 
theory. 

The results of liquid— film tests for wings SFT— 1 and SFT-2 
, at zero angle are shown in figures 15(a) and (b). On both wings a 
small region of turbulent flow of about the same area appears Just 
ahead of the trailing edge. Fan-shaped regions of turbulent flow 
originating at small imperfections in the leading edge are apparent 
over the otherwise laminar areas on both wings. 

Composite pictures of the transition pattern for these wings and 
a three-dimensional representation of the calculated pressure distri- 
bution are shown in figures l6(a) and (b). Here the pressures are 
shown for the near half of the wing. Again characteristic differences 
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appear in the pressxjre distributions. On wing SFT— 1, which has its 
ridge line swept behind the Mach line from the tip, the pressure is 
constant at a '’moderate positive veilue over the area from the leading 
edge back to the Mach line. Aft of this position the pressure falls 
rapidly to an indeterminately large negative value at the ridge line 
and then rises to a correspondingly large positive value at the 
trailing edge. The flow over and behind the ridge thus exhibits the 
type of theoretical pressure recovery characteristic of an airfoil of 
the same section in subsonic flow. On wing SFT— 2, the pressm’e is 
constant in the area between the leading edge and the ridge line, 
although at a hi^er positive value than on the previous wing. At 
the ridge line, which is now swept ahead of the Mach cone, the 
pressure Jumps discontinuously to a negative value and then remains 
essentially constant back to the Mach line from the tip. Aft of this 
position the pressx»re rises continuously to an indeterminately large 
value at the trailing edge, except in the vicinity of the trailing 
apex of the wing where the disturbance from the intersecting ridge 
lines causes a reversal in the pressure gradient over a localized 
area. Again the reason for the relative decrease in theoretical 
pressure drag caused by rearward displacement of the maximum thick- 
ness is apparent from a con5>arison of the pressure distributions for 
the two wings. Contrary to the condition observed with forward dis- 
placement of the maximum thickness on the swept— back triangles, this 
reduction in pressure drag is accon^aaied now by a decrease in the 
area of the wing exposed to a theoretically adverse pressure gradient. 
The average intensity of the adverse gradient, however, is increased. 

The liquid— film patterns of figures 15 and I6 indicate tliat here, 
as on the swepi>-back triangles, transition does not occur xmtil some 
distance aft of the beginning of the theoretically adverse gradient. 

In this case, however, the areas of turbulent flow are, as previously 
noted, equal for the two wings. The actual values of the friction 
drag are therefore probably about eqxial, and the measured reduction 
in minimum drag for wing SFT— 1 as cong)ared with wing SFT— 2 suggests 
that the theoretical gain in pressure drag is being at least 
partially realized. For calculation of the theoretical curves 
for combined laminar and trcrbulent flow in figure 12(b), the observed 
area of ttirbulent flow was estimated to constitute 6 percent of the 
wing surface on both wings. The fact that the experimental values 
lie in both cases considerably above the resulting theoretical, curve — 
in fact, almost coincide with the curve for fiilly turbulent flow — 
suggests the presence of considerable suppori^-body interference or 
other imknowr effects for the swept— forward triangles. This precludes 
a conclusive comparison with the theory at the present time. 

As is apparent in the results of table I, the measured minimum 
drag for a given wing model was to a first approximation independent 
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of the direction of motion, that is, of whether it was tested as a 
swept-^ack or swept— forward wing. From a cross con^jarison of the 
data of figures 12(a) and (h), it is apparent that the small differ^ 
ences which do appear cotild he completely accoimted for hy differences 
in skin friction or support— body Interference. The observed result 
may therefore be taken as reasonable confirmation for wings of this type 
of von Karman*s independence theorem for mlniTmim pressxire drag 
(reference 10). Qne*s appreciation of the general theoretical result 
is enhanced by consideration of the pressure distributions of 
figures Ih and 16, which hardly suggest that the pressure drag for 
models T— 1 or T-2 would be the same irrespective of their direction 
of motion. 

To s\3mmarlze the discussion thus far with regard to 
drag, it can be said that for the swept-back triangle the theoretical 
decrease in pressure drag due to forward displacement of the Tney^nmTn 
thickness is attained at the apparent expense of an increased area of 
adverse pressure gradient and hence an increased friction drag. The 
optimum position of maximum thickness from the standpoint of m-iniTrmTr 
total drag may therefore be one representing a suitable canpramise 
between the amount of pressure recovery and the extent of the area 
over which it is attained. For the swep1>-forward triangle, the 
decrease in pressure drag which results from reeirward displacement of 
the m a xim u m thiclmess is accompanied by a decrease in the area of 
adverse gradient; that is, the pressiure recovery is confixed to a 
relatively smaller portion of the wing. Thus, the swept— foi*ward 
triangle of lowest pressure drag tends to be a natureil laminar-flow 
wing. Whether it woixld in the end have lower Tnlnlimm total drag t.Vian 
the best swept— back triangle would depend upon additional factors, 
such as a probable increase in the tendency toward flow separation 
over the relatively blunt after portion of the swept— forward wing. 

The effect of the Eeynolds number, which is of obvious Importance in 
this regard, is discussed further under General Eemarks. 

The effect of camber in Increasing the observed minimum drag 
is apparent in table I. The first-order theory for airfoil sections 
indicates that the cambered section of model T— 3 would have twice 
the minimum pressure drag of the uncambered section of model T— 2 
in two-dimensional supersonic flow. For the present plan forms, 
which have either a subsonic leading or trailing edge, the effect 
of the same amount of camber on the minimum pressure drag for a 
given plan form is probably somewhat less, since the streamlines of 
the flow over the cambered lifting surface now vindergo part of the 
necessary vertical displacement either ahead of or behind the wing. 
Because of the effects of skin friction and support— body interference, 
it is not possible to tell from the experimental results whether this 
supposition is correct. It is interesting to observe that the 
cambered model T— 3, like the uncambered models, ha,s essentially the 
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same mlnlmimi drag both in the svept-back and ewept-forward condition. 

As is apparent from figure 11^ rounding the leading edge of wing 
SBT-1 to a radius of O .25 percent of the chord had no effect on the 
minimum drag. As with lift, the same result was found for larger 
leading-edge radii. Bounding of the ridge line, which mi^t be 
expected to decrease the negative pressure peak at this point and 
perhaps influence transition, similarly had no measurable effect, 

ftSfi-CiaS*- rise in drag as the lift coefficient departs 
from the value corresponding to minimum drag is determined, as 
indicated in equation ( 7 ), by the drag-rise factor CDi/(Z£L)^. If 
the effects of leading-edge suction may be disregarded, as is generally 
assumed for a sharp-edged wing, the value of this factor is unaffected 
by camber and is given simply by equation ( 9 ) as the reciprocal of 
the lift-curve slope. Since no leading-edge suction is considered, 
this is true whether the leading edge is sui>eraonlc on subsonic , On 
this basis, the computed value of the drag-rise factor for all of the 
sharp— edged wings of the present paper (see table I) is approximately 
0.40. For con 5 )arlson, an experimental value for each wing was obtained 
by evaluating the slope of a stral^t line faired throug^i the experi- 
mental points on a plot of Cpi versus (CL-CLctmin)^* d" aH cases 
the departure of the individual points from the strai^t line was 
small, indicating that the eaiperlmental drag curves have very nearly 
the parabolic shape shown theoretically by equation ( 7 ).) The experi- 
mental values for the drag-rise factor in table I are seen to be 
greater than the common theoretical value for all of the wings except 
SBT-1; in this latter case the drag rises less rapidly than the theory 
indicates. These results are also apparent for the uncambered wings 
in the drag plots of figure 12 . 


To consider the possible effect of leadlng-edgp suction for the 
case of an uncambered wing, it is only necessary to modify the expres- 
sion for the drag-rise factor by the inclusion of the quantity ko 
as indicated in equation (U), This quantity, \rtiich is applicable 
in this simple form for the uncambered wings only, defines the rela- 
tive inclination of ^e resultant force due to lift as a fraction of 
we angle of attack, (See equation ( 12 ).) Ejiperimental values of k 
present uncambered wings have been determined in accordance® 
^th equation ( 11 ) by taking the product of the previously obtained 
drag-rise factor and lift-curve slope. The resulting experimental 
values are listed in table I. For consistency with the other 
calculated quantities, the theoretical value of k» is in « 1 i cases 
g ven as unity, the value for zero leading-edge suction. 
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For the ewept—forward triangles^ which have a supersonic 
leading edge, no leading-edge suction Is possible In any event; and. 

If no other effects are present, a value of other than unity is 

not to be expected. The fact that the experimental values of kj^ for 
these wings are actually somei^iat greater than unity may be due to 
an Increase in friction drag with Increasing angle of attack, or 
possibly to support-body interference. 

For the swept-back plan form, a value of ka of less than vmlty 
is theoretically possible in an Invlscld fluid. Actually, wings SB!D-1 
and SBT-S both exhibit experimental vedues less than one. In the case 
of wing SBT— S this condition may be only a reflection of the experi- 
mental uncertainty in the determination of 1%, . which may be as much 
as to. 05. The relative forward Inclination of the resultant force 
on wing SBT-1, however, is definite. This result, which is at first 
someirtiat surprising in view of the sharp leading edge of this wing, 
may be associated with the shape of the airfoil section in two ways; 
(1) Hie far forward position of the mAvlTmim thickness on this wing 
may cause a reduction of the friction drag with increasing angle. 

Such an effect would follow if the change in angle of attack were 
accompanied on the lower surface of the wing by a reduction in the 
large area of turbulent boundary-layer flow which exists at zero 
angle. (2) Hie relatively large leading-edge angle of the section 
may result in a certain amount of leading-edge suction despite the 
sharp edge. Since the actual pressure distribution in the vicinity 
of the leading edge will depend very much on the nonlinear effects 
of airfoil thickness, such a result is not inconceivable. Whatever 
the cause of the relative reduction of k^ for wing SBT-1, however, 
the experimental value of 0.86 still falls considerably short of 
the value of 0.68 given by equation (l^^) for the fvill theoretical 
leading-edge suction. 

In an attempt to realize a greater amount of the theoretical 
suction with wing SBT— 1, the leading edge was roimded to a radius of 
0.25 percent of the chord, which is of the same order as the radius 
of an NACA low— drag section of comparable thickness ratio. Hie aero- 
dynamic characteristics of this modified wing are shown in figure 11. 
The drag due to angle of attack for this wing is compared with that 
for the unmodified wing in the lower graph of figure I7, which also 
deludes the computed curves for zero leading— edge suction and for 
the full theoretical value. Hie rounding of the leading edge affords 
a small benefit, the experimental values of Cpj^/(/2CL)^ and k being 
reduced to O.350 and O.8O, as compared with the theoretical minimum 
values of O.273 and 0.68, respectively. Further rounding of the lead- 
ing edge - to a 0,50-percent radius over the entire span and then to a 
still greater radius over the outer half - had no additional effect. 

Itifjr-drag ratlp.- On the basis of the parabolic drag curve of 
equation (7) the maximum llftr-drag ratio for an uncambered wing 
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(CLD-niin=0) is given theoretically hy 


( 

W 



^ j (dCL/dg) 
C^in 


(17) 


The marlimnn lift-drag ratio thus depends equally upon the min imum 
drag and the drag-rise factor. The lift coefficient at which the 

Tn/^YlTmim OCCUPS Is 


The theoretical values of these quantities for the wing alone, 
assuming pressure drag only and no leading-edge suction, are given 
in table I for coo^jarlson with the experimental values. The experi- 
mental values of the nwYimum lift— drag ratio for all tha \mcambered 
wings are, of course, considerably less than those given by the 
theory, largely because of the effects of skin friction and support- 
body interference. 

Among the sharp-edge swep1>-back wings, there is little difference 
between the experimental values of (L/d Ttiwt for wings SET - 1 and 
SBT-2, indicating that forward displacement of the maximum thickness 
did not provide the relative gains in lift— drag ratio which considera— 
tion of pressure drag alone would predict. This is a reflection of 
the failure of such displacement to reduce the minimum drag as 
previously discussed. The fact that wing SET- 1 does have slightly 
the higher (L/D)mai despite its larger minimum drag is a result of 
the smaller Increase in drag due to emgle of attack for this wing. 

This condition is Illustrated in figure I 8 , which shows how the drag 
curves for the two wings cross before the maximum lift— dreig ratio is 
reached. 

The effect on lift-drag ratio of rounding the leading edge of 
wing SET— 1 is shown in the upper graph of figure I 7 . The small 
decrease in drag d\ie to angle of attack previously noted as the result 
of rounding leads to an increase in (L/D)najc from 6,h to 6 . 8 . Since 
the effect of rovuiding on the drag was seen to be nil, this 

is in qualitative agreement with eqmtion (17)» If value of 0.273 
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calculated for Cdj^/(Z!Cl) ^ on the basis of full theoretical leading- 
edge suction were achieved with no change in the value of 0,0l60 
obtained experimentally for CDiain^ restating (L/D)]nax for 

wing SET— 1 would be increased to 7*6. 

The present resiats with regard to the gains obtained by 
rounding the leading edge shotad not be taken as conclusive, as 
the rounding was here made arbitrarily on a basic wing chosen with 
other criteria in mind. The restat previously cited with regard 
to the angle of zero lift for wing SBT-3 indicates that the upflow 
^requisite for’ the realization of leading-edge suction does exist 
ahead of the wing. To take the maximum advantage of this upflow 
may require considerable care in research and design. The theo- 
retical possibilities in this regard are discussed by Jones in 
reference 20. 


To complete the consideration of lift— drag ratio, the swept— 
forward wings are seen to have slightly lower values of (l</D)max 
than the corresponding swept— back wings, the differences being 
the result of relative but inconsistent variations in both minimum 
drag and drag due to angle of attack. All of the vuicambered wings 
attain (I'/d) ^t at a common lift coefficient of about 0.2. This 
is_ greater than the theoreticsa values for ^ because of the 

experimental Increase in minimum drag over the theoretical inviscid 
value. 


Schlieren Observations 

Certain of the schlieren photographs, while not essential to an 
understending of the previous results, are of interest in themselves. 
To aid in the identification in later pictures of gradients associated 
with imperfections in the glass windows and with nonuniformities in 
the tunnel air stream, photographs of the pertinent region of the 
empty test section with wind off and wind on are shown in the upper 
half of figure 19« In these and all subsequent photographs, the knife 
edge was oriented vertically in such a way that' positive density 
gradients in the downstream direction appear as white regions. The 
oblique compression waves which appear in the right-hand corners of 
the photograph with wind on originate from imperfections in the nozzle 
walls as explained in reference I3. They are far enough downstream 
that they do not affect the test results. The flow about the 3°— 
incidence support body tested alone at zero angle of attack is shown 
in the lower half of figure I9, the body being oriented in the same 
manner as for a side-view picture of the wing. The intersection of 
the conicsa nose wave and the boxmdary layer on the tunnel side walls 


COrJlTDENTIAL 


NACA RM No. A 7 IIO 


CONFIDENTIAL 


35 


appears as a faint disturbance of hyperbolic shape (a) as previously- 
noted in references I 3 and l4. Similar in-ter sect ions caused by other 
shock vaves appear in later pictures; they can be distinguished from 
■the disturbances in the air stream proper by -their- characteristically 
-wavy appearance. 

Plan-Tie-Vir and side— viev photographs of -the flow at zero angle of 
at-tack are shown for wings SET— 1 and SBT-2 in figure 20 and for wings 
SIT— 1 and SIT— 2 in figure 21, For reference, the position of -the root 
section of the wing is shown in the side-view pictures. Since the two 
views of a gi-ven wing represent essentially only two sections through 
a complex -three— dimensional flow field, care must be exercised in 
ascribing the origin of the less familiar elements in the observed 
wave pat-tems, A thorou^ study of the pictures would include 
correlation with -theoretical calculations of -the pressure field off the 
surface of the wings. Since the labor involved in such calculations 
was prohibiti-ve , only gualitati-ve observations can be made at present. 

The most apparent difference in the flow fields about the two 
s-wep-t— back wings is in the position of -the shock -waves leaving the 
trailing edge in the plan-view pictures of figure 20, On wing SET- 1 
this wave leaves the trailing edge just inboard of the tip end is 
preceded by a small e 25 >ansion region (dark in the picture); on wing 
SET— 2 -the wave first appears approximately 30 percent of the span 
inboard from the tip and is preceded by an expansion region of 
considerable ex-tent. Reference^ to figure l4 shows that these -waves, 
if ex-tended onto the surface of the wings in a straight line, would 
coincide approximately in each case with the beginning of the adverse 
pressure gradient in the calculated pressure distribution and hence 
■with the transition from laminar to turbulent boundary— layer flow. 
Correlation of -these wave patterns wi-th the calcula-ted press-ure fields 
off the wing would be of considerable interest. The plan-view 
pictures also indicate -that the relative forward displacement of -the 
maximum thickness on wing SET— 1 increases the intensity of the com- 
pression -wave from the leading edge of -the root section. This 
difference, which is also apparent in the side-view pictures, is in 
accord -wi-th the relati-vely greater pressure rise indica"ted at the 
apex of wing SET— 1 in figure 14. The greater entropy increase throu^ 
this stronger wave, which is not -taken into account in the linear 
theory, would tend to reduce the relative theoretical advantage of 
■wing SET— 1 as regards pressure drag. Such hl^er-order pressure 
effects are, however, probably small as compared wi-tli the effects 
of friction drag previously observed. In the side-view pictures, 
the shock -waves originating at the trailing edge coincide with the 
vave (b) caused by the svirface discontinuity on the support body 
(fig. 19 ) t so that no observations are possible with regard to 
-these trailing— edge waves. 
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The main difference in the flow patterns for the swept-forward 
wings (fig. 21) is in the position of the trailing shock waves. In 
the side-view pictures the trailing wave for wing SFT— 1 again 
coincides with the wave from the support body, but for wing SFT-2 a 
separate trailing wave can be seen forward of the body wave. The 
strong shock waves from the leading edge of the swept-forward wings 
are apparent. 


General Eemarks 

I-fcich work remains to be done before a choice can be made as to 
the most suitable wing for a given supersonic flight condition, even 
if the complicating factors of control, structural strength, arwl 
performance at other fli^t conditions are neglected. Certain 
general observations with regard to triangular wings can be made, 
however, on the basis of the present study. 

It was suggested in the discussion of minimum drag that a swept- 
forward triangular wing of proper design, because of its inherent 
laminar— flow properties, mi^t afford a lower minimum total drag than 
could be attained with a ewep1>-back triangle. The swept-forward plan 
form has, however, two relative disadvantages. First, there is no 
possibility, such as exists with the swept-back triangle, of improving 
the -lift-drag ratio by means of leading-ncdge suction. Second, because 
of the effect of the intersecting Mach lines from the tips, the change 
in position of the aerodynamic center with change in Mach number will 
be appreciable on the size pt— forward triangle. For these i-easons, 
the swept— back plan foi-m would probably be preferred, even if a gain 
in minimum drag could be realized with the swept-forward wing. A 
possible exception in which lift-drag ratio and travel of the aero- 
dynamic center are not of serious consequence might be the case of a 
stabilizing fin at the rear of a missile. 

In any event, it is clear that any consideration of an optimum 
design must take accomt of the effects of friction and the boimdary 
layer. As at subsonic speeds, the influence of the pi-essure distribu- 
tion over the wing in determining the nature of the flow in the 
boundary layer is apparent; and the Beynolds number, while not a 
variable in the present Investigation, may be expected to play an 
inqportant role. In this regard, the consequences of a large increase 
in Beynolds number from the low value of the present tests are 
difficult to assess. The magnitude of the skin-friction coefficients 
would, of course, be decreased; and if there were no change in the 
transition point, the oven-all friction drag for a wing of given shape 
would diminish relative to the pressure drag. On the other hand, it 
can be shown from theoretical considerations (reference 20) that 
the development of wings of optimum shape with regard to minimum drag 
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at a given Reynolds nvmiber may "be expected to lead to geometric forms 
having a large percentage of friction drag. In addition, theoretical 
and experimental results (see, e.g., references l4 and 21 ) suggest 
the possihility that long runs of laminar flow may he more readily 
attained at supersonic than at suhsonlc speeds. Serious study should 
therefore he given to the design of wings and bodies to reduce the 
pressxire drag as much as possible and at the same time maintain the 
longest practicable extent of favorable pressure gradient. 

As previously explained under Corrections to Experimsntal Results 
the difficulty in obtaining interference— free drag results for compari- 
son with the theoretical ceilculatlons reflects the gravity of the 
problem of wing— body interference at supersonic speeds. Althou^ 
techniques of wing support can certainly be devised superior to those 
of the present tests, the application of the resulting interference- 
free data to the design of a practical wing— body combination would 
still present a difficult problem. In either regard, an essential 
difference exists between supersonic flow and subscrltical subsonic 
flow. At purely subscnic speeds the effects of a pressure disturbance 
spread, in all directions but diminish rapidly with distance. As a 
result, the interfeience effects of combining a wiiag and body are 
confined, apart from possible wake effects, largely to the vicinity* 
of the wing-body Jiincture. In supersonic flow, however, pressure 
disturbances are propagated relatively mdiminished within their zone 
of influence) in fact, in two-dimensional flow they are, to a first 
order, transmitted along the Mach lines without reduction. Thiis, in 
addition to the effects at the wing— body Junctirre itself, a body may 
now have appreciable influence on the flow at positions on the wing 
far removed from the juncture, perhaps even at the tips. This latter 
condition is to be expected, for exanple, at the tips of the present 
swept— forward wings, which are seen in the plan-view schlieren 
pictures of figure 21 to lie Just behind the bow wave from the body 
and hence in the varying pressure field of the ogive. If it is 
assumed that effects of this type may be determined by simply 
considering the wing to be immersed in the calculated pressure field 
of the body alone, the resulting changes in the aerodynamic character- 
istics of the wing must then depend upon both the wing section and 
plan form. Remote effects which originate from the wing— body Juncture 
itself rather than from the body ahead of it, such as would exist, for 
exajiple, on a highly swept— back wing, may not be susceptible to such 
a slrple analysis becaiise of the interrelation between the boundary 
conditions for the wing and body. Effects in the immediate vicinity 
of the J\mcture must receive special consideration for the same 
reason. In any event, it now appears that the established subsonic 
practice of treating the elenents of a wing-^ody combination separately 
may be of restricted applicability in the supersonic field. 
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CONCLUSIONS 

Tests were conducted at supersonic speed of three sharp-edged 
wing models having a thickness ratio of 5 percent and a common 
triangular plan fca’m of aspect ratio 2 but differing in thickness 
distribution and camber. The tests afforded the following conclusions 
at a Mach ntimber of 1.53 6- Reynolds number of 0.75 million; 

1 . The experimental lift and moment curves were essentially as 
would be expected on the basis of the superposition principle of the 
linear theory, which states that the effects of thickness, camber, 
and angle of attack can be treated separately for any given wing. 

2 . To a first approximation, the liftr-curve slope was indepen- 
dent of the direction of sweep as predicted by the linear theory. 
Closer examination showed small secondary differences, the average 
slope for the swept— back triangles being about 10 percent less than 
theory, while that for the swept— forward triangles agrees with theory 
almost exactly. 

3. The slope of the moment curve as referred to the centroid of 
plan-form area was found to depend markedly on the direction of sweep. 
For the swept— back triangles the slope was essentially zero in agree- 
ment with the linear theory. For the swept-forward triangles the 
experimental slopes Indicated positions of the aerodynamic center 
noticeably forward of that predicted by the linear theory. 

k. The addition of camber as here employed caused the angle of 
zero lift to be negative for the swept— back triangle and positive 
for the swept— forward triangle. It resulted in a negative moment at 
zero lift in both cases. 

5 « Moving the maximum thickness forward from the 5 C^percent 
to the 20-percent chordwise station on the swep1>-back triangle did 
not reduce the minimum total drag in the way that theoretical con- 
siderations of the pressiure drag alone predict. Determination of 
the areas of laminar and ttirbulent bomdary— layer flow by the 
liquid— film method indicates that this result was due to an increase 
in friction drag resulting from an increase in the area of turbulent 
flow. In both cases the area of turbulent flow was observed to 
correlate well with the area of adverse gradient in the theoretical 
pressure distribution. 

6. The meastired minimum drag for a given model was to a first 
approximation independent of the direction of sweep. This resilLt 
tends to confirm von E^rm^’s independence theorem for minimum 
presstjre drag. 
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7 . For the sweptF-forward triangles the rise In drag with change 
in attack was independent of the airfoil section and indicated that 
the accompanying change in resultant force was essentially normal to 
the chord line. 

8, For the swept-hack triangles, which have a subsonic leading 
edge at the test Mach nvunher, moving the maximum thickness forward 
and rounding the leading edge for the forward position caused 
successive reductions in the drag rise and corresponding Increases 
in the max imum lift— drag ratio. Dils demonstrates the possibility 
of aerodynamic gains through realization of the leading-edge suction 
indicated by theory. 


Ames Aeronautical Laboratory, 

Natloned. Advisory Committee for Aeronautics, 

Moffett Field, Calif. 

APKNDU A 
PRECISICW OF DATA 

The accuracy of the eaperlmental data can be determined by 
estimating the uncertainty in the individual nmasurements lAlch enter 
into the determination of the aerodynamic coefflclente, angio of 
attack, and stream characteristics. 31ie over-edl \mcertalnty in 
any given quantity is then obtained by combination of the pertinent 
individual estimates. Die final values are given on page I3 of the 
m ain text. In combining the individual estlmetes, geodaetric 
summation s im ilar to that recommended in reference 22 hen been 
used in place of the arithmetic summation previously enqtloyed in 
references I3 and l4. Ihe final uncertainty is th\is taken as the 
i^uare root of the sum of the squares of the individual values. 

Th0S© la*fc'tax* T&lues are suzmoarlzed In the encceedliag gr aphs * 


Aerodynamic Coefficients 

A difference of count in reading the galvanometer at its 
lowest sensitivity will cause an uncertainty in the lift, drag, and 
pitching-moment coefficients of ±0.0008, ±0.0001, and ±0.001, 
respectively, at a lift coefficient of O.U, 

In the course of the tests, the balance ceO-lbratlon factors, as 
determined by callbratlona at frequent Intervale, varied enou^ to 
cause an uncertainty of ±0.3 percent, ±0.7 percent, and ±0.6 percent 
in lift, drag, and mcanent, respectively. Yariatlon in correction for 
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shift of the b alan ce zeros with temperature, which is explained in 
reference I3, may cause an uncertainty of ±0.002, ±0.0002, and ±0.001 
in lift, drag, and moment over the extreme temperature range. Because 
of rotation of the balance beam as explained in reference I3, the 
lift force lias a measurable, nonlinear effect upon the drag reading. 

The correction for this effect Introduces an uncertainty of about 
±0.0012 in the drag coefficient at a lift coefficient of 0,4. An 
uncertainty in moment coefficient of approximately ±2.6 percent of the 
lift coefficient is introduced in the determination of the distance 
between the effective center of the sting moiaant gage and the centroid 
of the wing. 

To determine lift and drag, the forces measured by the balance 
were resolved parallel and perpendicular to the tunnel center line. 
Because of the sli^t angiaarlty of the stream, the coefficients 
presented are thus not strictly applicable to the wind axes. The 
error from this source is insignificant except in the drag uBasurements 
at angles- of attack above 6^. 

Errors in manometer readings are reflected in the congmted 
dynamic pressure and hence in the aerodynamic coefficients. An 
uncertainty of approximately ±0,25 percent in all coefficients is 
attributable to this cause. The error in dynamic jiressure due to 
small variations from the specified test Mach number (see below) 
causes a further uncertainty of about ±0,2 percent. Variations of 
the specific humidity in the tunnel circuit below the value of 0,0002 
maintained in the present tests cause a known variation of less than 
0,25 percent in the dynamic press;ire. Althou^ small, this variation 
was taken into account in the reduction of the data by correcting all 
results to a common hinuidity of zero. The uncertainty from variation 
in humidity is therefore believed to be negligible. 

Possible errors in correcting the base pressure on the support 
body to t2ie static pressure of the free stream cause an uncertainty of 
about ±0,0001 in the measured drag coefficients. 

All results are pie sen-bed for a caramon Mach mmiber of I.53. 
Actually the true test Mach number differs sli^tly for the different 
wings as described below. Since, to a first approximation, aero - 
dynamic coa^iclents for wings are theoreticeLlly proportional to 

— 1)3, these differences introduce an uncertainty of ±1,0 
percent in all measured coefficients. 


Angle of Attack 

The method of determining the angle of at-tack of the wing is 
described in the main text under Test Methods. The establishment of 
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the zero angle ty meana of the dial indicator and surface plate 
introduces an uncertainty of ± 0 . 05 °, The Dieasurement of the addi- 
tional angular settings with the telescope entails an uncertainty 
of about ± 0 . 1 °, The experimental scatter of the streaui-angle surv« 
indicates an uncertainty of less than ±0.1° from this source. 


As described in reference l 4 , the static pressure and Mach 
number vary slightly with longitudinal position in the test section. 
Tlie specified Mach number for the present general investigation is 

which is the value existing at the moment axis for the support 
body alone (fig, 3 )» Because the centroid of area of some of the 
v/^ings in the general Investigation (including those of the present 
report) does not coincide with this axis, the Mach number at the 
centroid of any given wing will actually lie between the limits of 
1,52 and 1.5h. 

The specified Reynolds number for the general investigation is 
750 ^ 000 * As the result of variations in the tunnel temperature and 
pressure, the actual Reynolds number may vary between — 30,000 and 
+10,000 from the specified value for any given wing in the complete 
series. For the wings of the present report the variation is 
somewhat less, being only ±10,000. 


From the known solution for the pressure field acting on the 
raked tip of a trapezoidal lifting sui'face, the pressure field on a 
swept— forward lifting triangle can be determined to the first order 
over most of the surface provided the trailing edges are not too 
far behind the tip ifech lines. Referring to figure 22, the 
pressure field between the ^fe,ch line and the edge of the raked tip 
is conical and for Mq =v2 is given by the following equation 
based on reference 


Stream Characteristics 


APEENDIX B 


AERODYNAMIC CHARACTEEISTIGS OF THE SWEPT-FQRWAED 


TRIANGULAR LIFTING SURFACE 
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The decrement in pressure coefficient AP from the Ackeret value of 
2a is thus 


AP = 2a — ~ cos“^ f - ~ 

« V 1 - f y 


(B2) 


In applying the foregoing solution to the swept-forward lifting 
triangle, it is convenient to consider the surface to be divided into 
four areas by the Mach lines as shown in figure 23. In area 1 the 
pressure coefficient is constant at the Ackeret value of 2a, since 
this area is unaffected by the tips. The pressure coefficients in 
areas 2 and 3 are obtained directly from equation (Bl) by substituting 
hz and hg, respectively, for h. In area 4 both tips act to decrease 
the pressure coefficient from the Ackeret value by decrements given by 
equation (B2), Thus is given by the equation 



It can be shown that the value of P4 given by equation (Bk) is 
not correct behind the reflected Mach lines from the trailing edge 
(fig. 23). Consider a pressure disturbance from a point on the lower 
surface within area 2, Such a disturbance will be propagated pareillel 
to the ^felch lines from both tips and will thus reach both the near and 
the far trailing edges. The disturbance on reaching the trailing edges, 
which are subsonic, will pass around the edges onto the upper sxrrface 
influencing the upper— surface pressures. The disturbance passing 
around the near trailing edge will affect the pressures in areas 2 and k 
as well as in some of the area behind the reflected Mach waves. The 
disturbance passirg around the far trailing edge can affect only the 
pressures behind the reflected Mach waves. By using the solution for 
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the pressxire field on the raked tip of a trapezoidal wing, the Inflvt- 
ence of the pressirre disturbance passing around the near edge has 
been automatically accounted for. The effect of the disturbance 
passing around the far trailing edge, however. Is not taken Into 
account, so that the pressure coefficients behind the reflected Mach 
lines are not accurately determined. It Is Interesting to note that 
a disturbance must encircle the wing an Infinite nuniber of times before 
It will reach the trailing apex. A three-dimensional representation 
of the pressure field over the swept— forward triangle Is shown In the 
lower half of flgvire 7. 

The lift coefficient can be determined by integrating the 
pressure coefficient over the lifting surface in accordance with 
the equation 


n=4 

2 V f En dSn 



n»l 


Hie differential areas for regions 2, 3» and 4 are given In terms of 
ha and by 


dSa 

dSs 


b^ dhp 
2 (h2+l)2 

b2 dho 
2 (ha+l)2 


as - ^ ^ dhg 

“ 2 (’f+hs)^ 2 (h2+l)2 

eis. = ^ 7-^V- - — ■ 

2 (f+ll3)2 2 (h3+l)2 
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The area S 4 is taken to include the area "behind the reflected Mach 
waves; that is, the effect of these reflected waves is neglected. 
Substituting into eqiiation (B5) integrating between the proper 
■ limits yields for the lift— curve slope at Mq 


El = JflL.x') 

da W 1 + f / 
At any other Mach number 



dCr I ■ '■ 

The value of the lift-curve— slope parameter — ^ Mq^ — 1 

da 

determined from equation (B8) is plotted against m in figure 2h, 
together with the corresponding values for the swept— back triangle 
obtained from equation (I 3 ) of the main text. For a wide range of 
the parameter m the solutions are nearly identical. This fact 
suggests the possibility that the solutions might be identical for 
the whole o*ange if a complete solution for the swept— forward lifting 
triangle had been found. In view of the existence of von Karman's 
independence theorem for pressure drag due to thickness, such a result 
does not seem in 5 )robable . For values of m much less than O. 5 , the 
present solution is not satisfactory because the area behind the 
reflected Mach lines, where the pressiire coefficients were not 
accurately determined, is an appreciable fraction of the total area. 

The aerodynamic— center position expressed as a fraction of the 
root chord aft of the leading edge is given by the equation 


X Pn dSn 

^ 

Cr n=4 

Cr^ Pn dSn 

n=l 
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The same integration areas and limits are considered as for equation 
(B5) with the result that 


X 

Cr 



(BIO) 


The aerodynamic— center position given hy equation (BIO) is plotted 
against m in figure 25 , For m = 1 the trailing edges and tip 
Mach lines are coincident and the wing loading is uniform. For this 
case the aerodynamic center and the centroid of area coincide so that 

^ = i. For values of m less than unity, the wing loading on the 

rear of the wing will decrease or become negative, shifting the aero- 
dynamic center forward. 

As with the lift-cxirve slope, the values of aerodynamic— center 
position given by figure 25 are probably not accurate for values of 
m less than about 0.5» lb© value of the pressure coefficient must 
acttially be zero along the entire extent of the trailing edge instead 
of having a finite negative value behind the reflected ^fe,ch waves as 
assinned in the calculations. It is probable, therefore, that there 
is less negative lift behind the reflected Mach waves than has been 
assumed. Thus, the aerodynamic-center positions given by figure 25 
are probably too small, that is, too feir forward, for small values 
of m. Since for a given wing the value of m will decrease as the 
Mach number decreases toward unity, this is a problem of fundamentsil 
importance with regard to the stability characteristics of this and 
other similarly affected plan forms in the transonic speed range. 
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TABUE I.- SUMMARY OF RESULTS OF FIGURES 9 AND 10 FOR SHARP-EDC 2 ID WINGS 


4 =- 

00 


Wing 

Sketch 

Lift 

Moment 

Drag 

1 Lift-drag ratio 

aL = 0 

(deg.) 

-^L = 0 
(per deg.) 

= 0 

'^dCLA = 0 

^^Pmin 

CDi/(DCL)^ 


(L/D)max 

CLopt 

SBT -1 

"A * 


- 0.1 

( 0 ) 

0.0400 

( 0 . 0434 ) 

-0.005 

(0) 

0 

( 0 ) 

0.0160 

(0.0054) 

0.375 

( 0 . 401 ) 

0.86 

(1.00) 

1 6.4 

(10.8) 

0.21 

(0.12) 

SB 0>-2 

-A'l 

-0.1 

(0) 

0.0390 

(0.0434) 

-0.005 

(0) 

0 

(0) 

0.0150 

(0.0092) 

0.425 

( 0 . 401 ) 

0.95 

(1.00) 

6.2 

(8.2) 

0.20 

(0.15) 

SBI ^3 

'A'< 


- 0.8 

(*} 

0.0395 

(0.0434) 

-0.030 

(*) 

0 

( 0 ) 

0.0220 

(*) 

0.472 

( 0 . 401 ) 

does 

not 

apply 

5.9 

(*) 

0.25 

(*) 

SFO?-! 

V 1 

+ 0.1 

( 0 ) 

0.0440 

(0.0430) 

0 

( 0 ) 

0.190 

(0.160) 

0.0155 

(0.0054) 

0.430 

(0.405) 

1.09 1 
( 1 . 00 ) 

I ^*2 
( 10 . 8 ) 

0.20 

(0.12) 

SFT -2 

¥1 

0 

( 0 ) 

0.0410 

(0.0430) 

0 

( 0 ) 

0.260 

(0.160) 

0.0170 

(0.0092) 

0.438 

(0.405) 

1.03 

( 1 . 00 ) 

5.6 

( 8 . 2 ) 

0.20 

(0.15) 

SFT -3 

V( 


+ 0.2 

(*) 

0.0440 

( 0 . 0430 ) 

-0.030 

(*) 

0.240 

(0.160) 

0.0230 

{*) 

0.413 

( 0 . 405 ) 

does 

not 

apply 

5.8 

(*) 

0.24 

(*) 


Note: In each case the experimental value is given first and the corresponding theoretical value ind icated 

in parentheses directly below. Where an asterisk is used, the theoretical value has not been 
computed. The theoretical values for all quantities pertaining to drag and lift-drag ratio were 
calculated by consideration of the pressure drag alone and on the assumption of zero leading-edge 
suction. 
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Figure 1.— Cutaway drawing of straln-ngage balance 
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Fig. 4 a , b 



(.b) Swept— forward wing. 

Figure 1+.— Typical models installed for testing. 
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Fig. 5 a , b 
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(a) Body. 



(b) Wing. 

Figure 5*~ Results of liquid— film teste on a body and wing with band 
of salt crystals. 
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Fig. 7 
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Figure 7.— Lift distribution for flat triangular sixrfaces of aspect 
ratio 2 at M = 1.53* 
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Fig. 13 a 
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Three— q.uarter rear yiev. 

(a) Wing SBT- 1 . 

Figure 13.- lEransitlon pattern on swept-haok vings. 
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Three-quarter front view. 




Three-quarter rear view. 

(h) Wing SBT-e 
Figure I 3 .— Concluded. 
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(a) Wing SBT— 1. 

Figure Ik.- Pressure distributions at 0° angle of attack on swept-back 
wings at M = 1-53. 
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Fig. 14 b 


(b) Wing SBT-e. 
Figure l4.— Concluded 
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Fig. 15 a 
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!E!hre&-q.iiarter front Tlew. 



Three-cLuarter rear Tlew. 

(a) Wing SFT-1. 

Figure 15*— Traneltlcjn pattern on swept— forward wings 
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Fig . 15 b 



Three— qiiarter front Ylew. 



Three-quarter rear view 

(b) Wing SFT- 2 , 
Figure 15. -Concluded. 


Fig . 16 a 
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(a) Wing SFT-1. 

Figure l6.~ Pressure distributions at 0^ angle of attack on swept— forvard 
winga at M = 1.53* 
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Fig. 16 b 
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(b) Wing SFT-2. 
Figure l6.~ Concluded 
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Fig. 17 
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F/oure: tZ - Ffrect o/v drag and lift-drag rat/o of 

ROOND/NG LEAD/NG EDGE ON IN/NG S3T-/ TO RAD/UG 
OF O.FS PERCENT OF THE CHORD 
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Fig. 18 
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FtGu/9E )6 .- Comparison op drag and uft-orag rat/o 
POP \A'!NGS S3T- / AND -2. 
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Fig. 19 
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(a) Wind off. 


(t) Wind on. 



NATIONAL ADVISORY COMMITTEE 
FOR AERONAUTICS 


CONFIDENTIAL 


NACA 

A-II7I0 

6-23-47 


( c ) Body alone 

(3^ Incidence). 


Figure 19 •— Schlieren patterns common to all photographs 





NAC A RM No . A7 1 1 0 


Fig . 20 



Wing SBT— 1 — plan view. 


Wing SBT-2 — plan view. 



Wing SBT— 1 — side view. 


Wing SBT-2 — side view. 


Figure 20.- Schlieren photographs of swept— back wings at zero angle 
of attack. 
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Fig. 21 



Wing SFT— 1 — plan viev. 


Wing SFT-2 — plan view. 



Wing SFT— 1 — side view. 


Wing SFT— 2 — side. view. 


Figiire 21.— Schlleren pHiotographs of swept-forward wings at zero angle 
of attack. 
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Figure 2S.~ Raked tip of trapezo/dae eifting gup face. 


Fig. 23 
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F/GURE 23.-yS\^'EPT-F^OR\/VARO TR/^ANGULAR LfET/NG -SURFACE. 
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L/rr-cufi\^e SLOPS p/^pa/^stsp, 
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Fig. 24 
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7"^/V<S^A/ 7" ^/^T/O^tn 


F/O URE - T HEORE T/C/\ L LfFT-CURVE 6'Z. ORh FOR 
TR /y^/VGULy^R E^FTn\/G SURE^CEG, 
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AERODYNAMfC CCNTSR POS/r/OA/^ 
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Fig. 25 
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F~/GUR£ es. - TH£0R£TIC^L. POSIT IOA/ 0£ AERODYAIy-HA^/C C£A/T£R 
rOR TR /y^NGULAR LfRT/NG GURRy^CE . 
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